Towards a damage tolerance philosophy for composite materials and structures by Obrien, T. Kevin
NASA TECHNICAL MEMORANDUM 100548 
USAAVSCOM TECHNICAL MEMORANDUM 88=B=009 
TOWARDS A DAMAGE TOLERANCE 
PHILOSOPHY FOR COMPOSITE MATERIALS 
AND STRUCTURES 
{N&SA-TN-l00548) T O U A R D S  A DAHAGE TOLERANCE b188-229 49 
PAILOSOPBY FOR CONPOSITE HATERIALS A N D  
STRUCTURES (NASA) 63  p CSCL 110 
Unclas 
G3/2U 0142689 
T. KEVIN O'BRIEN 
MARCH 1988 
NASA 
National Aeronautics and 
Space A d r n l n i s t r a t i o n  
langley Research Centec 
Harngton. Wrgirua 23665 
US ARMY 
AVIATION 
SYSTEMS COMMAND 
AVIATION R&T ACTIVITY 
https://ntrs.nasa.gov/search.jsp?R=19880013565 2020-03-20T06:12:24+00:00Z
SUMMARY -
. 
A Damage-thresholdIFai1-safety approach is proposed for ensuring that 
composite structures are both sufficiently durable for economy of operation, as 
well as adequately fail-safe or damage tolerant for flight safety. Matrix cracks 
are assumed to exist throughout the off-axis plies. Delamination onset is 
predicted using a strain energy release rate characterization. Delamination 
growth is accounted for in one of three ways: either analytically, using 
delamination growth laws in conjunction with strain energy release rate analyses 
i ncorpora t i ng del ami na t ion res i stance curves; experimentally, using measured 
stiffness loss; or conservatively, assuming delamination onset corresponds to 
catastrophic delamination growth. Fail-safety is assessed by accounting for the 
accumulation of delaminations through the thickness. A tension fatigue life 
prediction for composite laminates is presented as a case study to illustrate 
how this approach may be implemented. Suggestions are made for applying the 
D a m ~ a g e - t h r e s h o l d / F a i l - s a f e t y  approach t o  c o m p r e s s i o n  f a t i g u e ,  
tension/compresnion fatigue, and compression strength following low velocity 
impact. 
Keywords: Damagc Tolerance, Threshold, Fail-safe, Composite Materials, 
Delamination, Impact, Fatigue, Compression, Strain Energy Release 
Rate, Fracture Mechanics 
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N 0 MEN CIA AT U R E -
A Coefficient in power law for delamination growth 
a Delamination size 
b Laminate half-width 
c uncracked ply thickness 
d cracked ply thickness 
E Axial modulus of a laminate 
Axial modulus before delamination E~~~ 
* 
E Modulus of an edge delaminated laminate 
ELD Modulus of a locally delaminated cross section 
* 
EL,, Modulus of local cross section with edge and local delaminations 
0 Initial modulus (N=10 cycles) 
EO 
E l ,  Lamina modulus in the fiber direction 
Lamina modulus transverse to the fiber direction 
E22 
G1 In--plane shear modulus 
C, Strain energy release rate 
GI Mode I strain energy release rate 
Mode I1 strain energy release rate GI I 
Critical value of C at delamination onset 
cC 
Maximum C in fatigue cycle max c 
K Strain concentration factor 
E 
2 
Laminate length 
M Number of sublaminates formed by edge delamination 
m Slope of C versus log N curve f o r  delamination onset 
n Exponent in power law for delamination growth 
N Number of fatigue cycles 
NF Cycles at failure in fatigue 
p Number of local delaminations through the laminate thickness 
R Cyclic stress ratio in fatigue (umin/amax) 
2s Matrix crack spacing 
t Thickness 
Laminate thickness t~~~ 
tLD Thickness of a locally delaminated cross section 
E Uniaxial strain 
E Critical strain at delamination onset 
C 
E Strain at failure F 
E Maximum strain in fatigue Cycle max 
o Uniaxial stress 
a Maximum stress in fatigue cycle max 
Minimum stress in fatigue cycle ‘mi n 
Alternating Stress in fatigue cycle a1 t 0 
3 
IN TKO D U CT I ON 
As composite materials are considered for primary structural applications, 
concern has been raised about their damage tolerance and long term durability. 
The threat of barely visible, low velocity impact damage, and its influence on 
compression strength, has surfaced as the most immediate concern for primary 
structural components such as composite wings [ l ] .  Recent government programs 
have focused heavily on this issue in developing damage tolerance criteria that 
will satisfy thp safety requirements of current military aircraft [2,3]. At the 
same time, research has been conducted on low velocity impact; both in the 
prediction of damage accumulation during the impact [4,5],  and in the assessment 
of the influent(: of impact damage on compression s t r e n g t h  1 6 - 1 3 ] .  S e v e r a l  
methods for improving the performance of impacted composite panels and 
components havs been proposed. One approach is to increase the inherent 
toughness of tht? composite by using tougher resin matrices, such as toughened 
epoxies [ S I  and thermoplastics [ l o ] ,  or to modify the form of the material by 
adding tough adhesive layers during the layup or as interleaves in the prepreg 
[ 1 2 ] .  I n  terms of wing skin design, the goal has been to increase the 
compression failure strain after impact above the strength of a comparable 
laminate with an open hole [ 6 , 7 ] .  Although this goal may be achieved using 
clever structurdl design and the improvements in materials cited, other issues 
have yet to be adequately addressed. 
Although compression strength is greatly reduced after low velocity impact, 
any further reduction with subsequent fatigue cycles is minimal. Hence, impacted 
composite panels have very flat compression S-N curves [1,6,131. This 
observation has resulted in damage tolerance criteria for composite structures 
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that require only static loading c21. However, for toughened matrix composites, 
where the compression strength after low velocity impact exceeds the strength of 
the laminate with an open hole, a static criteria may no longer be sufficient. 
The compression S-N curve for composite laminates with an open hole is not flat, 
even for toughened matrix composites [l4], because the interlaminar stresses at 
the hole boundary cause delaminations that form in fatigue and grow with 
increased cycles [ 151. Furthermore, other sources of delamination (straight 
edges, ply drops, matrix cracks) may exist in wing skins and other composite 
primary structures, such as composite rotor hubs C161. Although delamination may 
not cause immediate failure of these composite parts, i t  often precipitates 
component repair or replacement, which inhibits fleet readiness, and results in 
increased life cycle costs. Furthermore, delaminations from several sources may 
accumulate, eventually leading to catastrophic fatigue failures. 
In metallic structures, damage tolerance has been demonstrated using 
fracture mechanics to characterize crack growth under cyclic loading for the 
constituent materials, predict the rate of crack growth in the structure under 
anticipated service loads, and establish inspection intervals and nondestructive 
test procedures to ensure fail safety. Because composite delamination is a 
commonly observed damage mechanism in laminated composite structures, many 
efforts have been undertaken to develop similar procedures for composite 
materials by characterizing delamination growth using fracture mechanics [17- 
203. Although this approach is promising, there are some fundamental differences 
in the way fracture mechanics characterization of delamination in composites may 
be used to demonstrate fail safety compared to the classical damage tolerance 
treatment used f o r  metals. 
Previously, a Damage-threshold/Fail-safety approach to composite damage 
tolerance was proposed as an alternative to the classical approach used for  
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metals 1211. The purpose of the current paper is to expand on this concept by 
demonstrating how a Damage-threshold/Fail-safety approach may be used to predict 
the tension fatigue life of composite laminates, and then illustrating the 
similarities between this application and the use of the same philosophy for 
predicting compression fatigue life and compression strength after low velocity 
impact. 
DELAMINATION CHARACTERIZATION 
Many papers have been published recently where the rate of delamination 
growth with fatigue cycles, da/dN, has been expressed as a power law 
relationship in terms of the strain energy release rate, G, associated with 
delamination growth C17-201. This fracture mechanics characterization of 
delamination growth in composites is analagous to that of fatigue crack growth 
in metallic structures, where the rate of crack growth with cycles is correlated 
with the stress intensity factor at the crack tip. However, delamination growth 
in composites occurs too rapidly over a small range of load, and hence G, to be 
incorporated into a classical damage tolerance analysis for fail safety 
Cf8,21,22]. Where in metals the range of fatigue crack growth may be described 
over as much as two orders of magnitude in G, the growth rate for a delamination 
in a composite is often characterized over barely one order of magnitude in G. 
Hence small uncertainties in applied load may yield large (order of magnitude) 
uncertainties in delamination growth rates. 
Different damage mechanisms may also interact with the delamination and 
increase the resistance to delamination growth. Delamination growth resistance 
curves may be generated to characterize the retardation in delamination growth 
from other mechanisms [ 2 3 - 2 5 3 .  These delamination resistance curves are 
6 
analogous to the R-curves generated for ductile metals that account for stable 
crack growth resulting from extensive plasticity at the crack tip. However, 
unlike crack tip plasticity, other composite damage mechanisms, such as fiber 
bridging and matrix cracking, do not always retard delamination growth to the 
same degree. Hence, the generic value of such a characterization is 
questionable. 
One alternative t o  using the classical damage tolerance approach f o r  
composites as it is used for metals would be to use a strain energy release rate 
threshold for no delamination growth and design to levels below this threshold 
for infinite life. Metals are macroscopically homogeneous, and the initial 
stress singulari ties that create cracks at particular locations in preferred 
directions cannot be easily identified. Composites, however, are macroscopically 
heterogeneous, with stiffness discontinuities that give rise to stress 
singulnrities at known locations such as straight edges, internal ply drops, and 
orthogonal matrix cracks. Although these singularities are not the classical 
r -"2 variety observed at crack tips, and hence cannot be characterized with a 
single common stress intensity factor, they can be characterized in terms of the 
strain energy release rate, C, associated with the eventual delamination growth. 
The most common technique for characterizing delamination onset in 
composite materials is to run cyclic tests on composite specimens, where C for 
delamination growth is known, at maximum load o r  strain levels below that 
required to create a delamination under monotonic loading. A strain energy 
release rate threshold curve for delamination onset may be developed by running 
tests at several maximum cyclic load levels and plotting the cycles to 
delamination onset versus the maximum cyclic C, corresponding to the maximum 
cyclic load or  strain applied [26-301. This C threshold curve may then be used 
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t o  p r e d i c t  de lamina t ion  onset  i n  o ther  laminates of the same ma te r i a l ,  or  from 
other sources i n  the same laminate [ 3 1 ] .  
DAMACE-'l"HESHOI, D/F A 1 L-S AFETY APPROACH 
One concern w i t h  a no-growth threshold des ign  c r i t e r i a  f o r  i n f i n i t e  l i f e  
ha3 been the  uncertainty inherent i n  predict ing serv ice  loads ,  which could lead 
t o  G va lues  t h a t  exceed no--growth t h r e s h o l d s  and r e s u l t  i n  c a t a s t r o p h i c  
p r o p a g a t i o n .  T h i s  concern i s  paramount f o r  mi l i t a ry  a i r c r a f t  and r o t o r c r a f t ,  
where o r i g i n a l  mi s s ion  p r o f i l e s  used t o  e s t a b l i s h  d e s i g n  l o a d s  a r e  o f t e n  
exceeded once t h e  a i r c r a f t  is placed i n  se rv ice .  However, u n l i k e  crack growth i n  
m e t a l s ,  c a t a s t r o p h i c  d e l a m i n a t i o n  growth does no t  n e c e s s a r i l y  e q u a t e  t o  
s t r u c t u r a l  f a i l u r e .  I n  s i t u a t i o n s  where t h e  s t r u c t u r e  experiences predominantly 
t e n s i l e  loads ,  such a s  composite ro to r  hubs  and blades,  de lamina ted  composi tes  
may have inherent redundant load paths t h a t  prevent f a i l u r e  and provide a degree 
of f a i l  sa fe ty  [ 2 1 ] .  T h i s  degree of f a i l  s a fe ty  has led  some designers  t o  t h i n k  
of composite delamination a s  a benign f a i l u r e  mode. Unfortunately, delaminations 
may occur from several  sou rces  i n  a g iven  component o r  s t r u c t u r e .  When t h i s  
o c c u r s ,  a n  i t e r a t i v e  composite mechanics ana lys i s  t h a t  considers  each of these 
poten t ia l  s i t e s  m u s t  be performed t o  ensure f a i l  s a fe ty  of the s t r u c t u r e .  
P r e v i o u s l y ,  a Damage-thresholdIFai1-safety approach f o r  composite f a t i g u e  
ana lys i s  was proposed [ 2 1 ]  t h a t  involved the following s t eps :  
( 1 )  Predict  delamination onset thresholds  using f r a c t u r e  mechanics 
( 2 )  Assume complete propagation ocurrs  immediately a f t e r  t h e  de l amina t ion  
threshold is  exceeded 
I -  
- 
( 3 )  Determine the remaining load carrying capability of the composite with 
delamination present using composite mechanics (i .e., check for fail 
safety) 
(4) Iterate on steps 1 - 3  to account fo r  multiple sources of delamination 
This type of analysis need only be applied to primary structures. However, step 
1 may be used t o  demonstrate the delamination durability of any composite 
structure by providing an assessment of component repair o r  replacement costs 
over anticipated structural service lives. Step 2 reflects a conservative way t o  
deal with the rapid delamination growth rates observed relative to metals as 
discussed earlier. An alternative to step 2 would be to predict delamination 
growth rates using growth laws that incorporate R-curve characterizations, 
thereby taking into account the resistance provided by other damage mechanisms. 
Such a characterization has been attempted previously [251,  but should be used 
with caution because it is no longer truly generic, A third approach is to 
monitor stiffni?:3s loss in real time, and hence reflect the consequence of 
delamination growth, and other damage mechanisms, as they occur. This technique 
was used to predict the tension fatigue life of composite laminates [31] ,  and is 
summarized i n  the next section to provide a specific case study for the 
implementation of the Damage-threshold/Fail-safety approach. However, in most 
structural applications real-time monitoring of stiffness l o s s  may not be 
practical, so the conservative approach outlined in step 2 would be applied. 
Step 3 acknowledges that the residual strength of the composite is a function of 
structural variables, and is not uniquely a question o f  material 
characterization. Hence, the Damage-threshold/Fail-safety concept offers both 
the benefits of generic material characterization using fracture mechanics, 
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while reflecting the unique structural character of laminated composite 
"materials . I 1  
I 
LAMLNATk: FA'I'IGIJF; LLFE PHKI)lCTLON: A CASE STUDY ----- ----__I- 
Tension Fatigue Behavior --- 
~ 
Figure 1 shows the tension fatigue damage in (45/-45/0/90) X751/50 E-glass 
S 
epoxy laminates that were subjected to cyclic loading at a frequency of 5 Hz and 
an R ratio of 0.1  C 3 1 1 .  Figure 2 shows a schematic of some of this damage, 
including edge delaminations that form at the edge in the 0 / 9 0  interface and 
j u m p  through 90 degree ply cracks to the other 0 / 9 0  interface, and local 
delaminations thilt form in the 451-45 interface, originating at 45 degree matrix 
ply cracks. These same damage mechanisms have been observed in graphite epoxy 
laminates with the same layup C27,351. The fatigue damage in the glass epoxy 
laminates progressed in the following sequence as they were tested at maximum 
cyclic stress levels below their static strength. First, extensive matrix 
cracking developed in the 90 degree plies, followed by edge delamination in the 
O / g O  interfaces. Next, matrix cracks appeared in the 45 degree and -45 degree 
plies and initiated local delaminations, first in the 45/-45 interfaces, 
followed by the -45/0 interfaces. Finally, after enough local delaminations had 
formed through the thickness at a particular location, fiber failure occurred 
and the laminate fractured. 
Fig. 3 shows the number of cycles at a given maximum cyclic stress for edge 
delaminations to form (solid symbols), for the first local delamination to form 
at the 45/-45 interface (brackets), and for fatigue failure to occur (open 
symbols). Under monotonic loading, matrix cracks formed in the 90 degree plies, 
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fo l lowed by edge d e l a m i n a t i o n s  i n  t h e  0190 i n t e r f a c e s  ( s o l i d  symbols), and 
f i n a l l y ,  by f i b e r  f r a c t u r e  (open symbol s ) .  I n  o r d e r  t o  p r e d i c t  t h e  u l t i m a t e  
f a t i g u e  f a i l u r e  of these laminates,  the onset and growth of t h e  damage observed 
m u s t  be  charac te r ized ,  and the influence of t h i s  damage on l a m i n a t e  s t i f f n e s s  
and s t r e n g t h  m u s t  b e  de te rmined .  Once these r e l a t ionsh ips  a r e  known, f a t i g u e  
l i f e  may be predicted using the the Damage-threshold/Fail-safety approach. 
Influence of Damage o n  Laminate S t i f f n e s s  - 
Fig. 4 shows t h e  i n f l u e n c e  of damage on l a m i n a t e  s t i f f n e s s .  As m a t r i x  
c r a c k s  accumula t e ,  and a s  de l amina t ions  form and grow, the  s t i f f n e s s  of the 
laminate decreases.  Laminate s t i f f n e s s  is the r a t i o  of the remote s t ress  t o  t h e  
g l o b a l  s t r a i n  i n  the  laminate. The global s t r a i n  is typ ica l ly  measured using an 
extensometer or LVDT ( f i g . 4 ) ,  which y ie lds  the displacement of the laminate over 
a f a i r l y  long gage length r e l a t i v e  t o  the laminate 's  length.  As damage forms and 
grows i n  the laminate under a constant maximum cyc l i c  s t r e s s ,  corresponding t o  a 
c o n s t a n t  a p p l i e d  maximum c y c l i c  l o a d ,  t h e  g l o b a l  s t r a i n  i n  t h e  l a m i n a t e  
increases .  
P rev ious  s t u d i e s  have determined the r e l a t ionsh ips  between s t i f f n e s s  l o s s  
and  damage e x t e n t  [ 2 3 , 3 2 - 3 5 3 .  The amount of s t i f f n e s s  l o s s  a s s o c i a t e d  w i t h  
m a t r i x  c r a c k i n g  depends upon t h e  p l y  o r i e n t a t i o n  of t h e  c racked  p l y ,  t h e  
laminate layup, t h e  r e l a t i v e  moduli of the f i b e r  and the m a t r i x ,  and t h e  c rack  
s p a c i n g ,  o r  d e n s i t y  of c racks ,  i n  the  p l y .  For example, i n  re f .33 ,  an equation 
was derived fo r  s t i f f n e s s  l o s s  due t o  matrix cracking i n  t he  90 degree p l i e s  of 
c ross  p l y  laminates as  
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where 
and c and d are the thicknesses of the cracked and uncracked plies, 
respectively. As the crack density increases, i.e., as the crack spacing, 29, 
decreases, the stiffness of the laminate will decrease. 
The amount of stiffness l o s s  due to delamination also depends on the 
laminate layup and the relative moduli of the fiber and the matrix, as well as 
the location and extent of the delamination. As delaminations form and grow in a 
particular interface, the laminate stiffness decreases as the delamination size, 
a ,  increases. In ref.23, an equation was derived for the stiffness l o s s  
associated with edge delamination as 
* 
E = ( E -  E ~ ~ ~ ) a / b  + ELAM 
( 3 )  
whcre a/b is thc ratio of the delamination size t o  the laminate half-width, and 
E 1.s determined from a rule of mixtures expression 
* 
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where the moduli of the M sublaminates formed by the delamination, Ei, are 
* 
calculated from laminated plate theory. The difference in ELAM and E reflects 
the? l o s s  of transverse con,straint in the sublaminates formed by the 
delamination. 
Delaminations starting from matrix cracks will affect laminate stiffness 
differently than delaminations growing from the straight edge. In ref.32, an 
equation was derived f o r  the stiffness loss associated with delaminations from 
matrix cracks as 
E =  
where a is the ratio of the delamination length to the laminate ,ength, and 
E L D  and t represent the modulus and thickness of the locally delaminated 
region in the vicinity of the matrix crack. The locally delaminated modulus,ELD, 
LD 
* 
is calculated using laminated plate theory and is similar to E in eq(4). 
However, in addition to reflecting the l o s s  in transverse constraint due to the 
delamination, ELD also reflects the loss of the load bearing capacity of the 
cracked ply. Similar to edge delamination, the stiffness of the laminate 
decreases as the size of the delamination increases. However, unlike edge 
delaminations, which form at the two edges and grow progressively towards the 
ct!nt,er of the laminate width, local delaminations tend to accumulate at several 
matrix cracks along the length, growing only a small distance at any one 
location. The cumulative effect of these local delaminations with cycles, 
however, may have a significant effect on measured stiffness loss. 
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Delamination Onset and Growth Character izat ion 
In o r d e r  t o  p r e d i c t  s t i f f n e s s  l o s s  a s  a funct ion of f a t igue  cyc le s ,  t h e  
onset and growth of matrix cracks and delaminations m u s t  be  cha rac t e r i zed .  T h i s  
charac te r iza t ion  should be done using a generic parameter t h a t  is  representa t ive  
of the composite mater ia l  being t e s t e d ,  b u t  independent of l a m i n a t e  s t r u c t u r a l  
v a r i a b l e s  such a s  l a y u p ,  s t a c k i n g  sequence ,  and p l y  t h i c k n e s s .  T y p i c a l l y ,  
t h e  s t r a i n  energy r e l e a s e  r a t e ,  C, a s s o c i a t e d  w i t h  m a t r i x  c r a c k i n g  and  
delamination is used f o r  t h i s  purpose. 
, 
Fig. 5 shows the s t eps  t h a t  would be required t o  predict  s t i f f n e s s  l o s s  a s  
a f u n c t i o n  of f a t i g u e  c y c l e s  us ing  a G c h a r a c t e r i z a t i o n  of damage onset  and 
growth. F i r s t ,  p l o t s  of G versus log N m u s t  be g e n e r a t e d  t o  c h a r a c t e r i z e  t h e  
o n s e t  of delamination [21 ,28 ,31 ] ,  a n d  power law r e l a t i o n s h i p s  between G and t h e  
r a t e  of growth of delamination w i t h  f a t igue  c y c l e s  a r e  needed t o  c h a r a c t e r i z e  
damage g r o w t h  [ 1 7 - 2 0 , 2 2 3  ( f i g .  5 a ) .  S i m i l a r  approaches  may be u s e d  t o  
charac te r ize  t h e  onset and growth of matrix c racks  [331 .  Using t h e s e  m a t e r i a l  
chnracte:rizationu, the decrease i n  matrix crack spacing, 29, and the  increase i n  
de lamina t ion  s i z e ,  a ,  w i t h  f a t i g u e  c y c l e s  may b e  p r e d i c t e d  ( f i g . 5 b ) .  T h i s  
i n f o r m a t i o n ,  i n  t u r n ,  may be used w i t h  eqs (1 -5 )  t o  p r e d i c t  t he  decrease i n  
modulus w i t h  cyc les ,  which f o r  a constant s t r e s s  amplitude t e s t  is tantamount t o  
I predict ing the increase i n  global s t r a i n  w i t h  cycles  ( f i g . 5 ~ ) .  
Although t h i s  technique nay be demonstrated f o r  c a s e s  where t h e r e  i s  one 
dominant damage mechanism, appl ica t ion  of t h i s  approach i n  general  is d i f f i c u l t  
because t h e  v a r i o u s  damage modes i n t e r a c t ,  c o m p l i c a t i n g  t h e i r  u n i q u e  
c h a r a c t e r i z a t i o n  i n  terms of G [33]. For example, although the e l a s t i c  ana lys i s  
f o r  G associated w i t h  edge delamination growth is  independent  of de l amina t ion  
I 
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size, stable delamination growth is often observed experimentally [23,251. The 
strain energy release rate for edge delamination was derived in ref.23 as 
* 
C =  2 (ELAM-  E 
which is independent of the delamination size. Theoretically, when a critical 
is reached, corresponding to a critical C the value of strain, E 
C' C '  
delamination should grow catastrophically across the laminate width. However, 
edge delaminations usually grow in a stable fashion, requiring increasing strain 
levels, and hence increasing C, for the delamination to grow across the width. 
This stable growth may be correlated with the accumulation of 90 degree matrix 
cracks ahead of the delamination front. For example, fig.6 shows a plot of 
normalized delamination size, a/b, as a function of the strain applied to an 
eleven-ply ( + 3 0 / + 3 0 / 9 0 / 9 0 ) s  T300/5208 graphite epoxy laminate [231 .  The edge 
delaminations form at a strain of approximately 0.0035, but do not grow across 
the specimen width until the strain reaches approximately 0.0065. Also plotted 
in fig.6 on the right hand ordinate is the 90 degree ply crack spacing measured 
in t h e  center of the laminate. There appears to be a direct correlation between 
the stable delamination growth and the accumulation of matrix cracks ahead of 
the delamination front. These matrix cracks apparently alter the local stress 
state at the delamination front and increase the resistance to delamination 
growth. Stable delamination growth may be predicted by generating a delamination 
resistance R-curve using eq.6 [23,25]. However, the resulting R-curve is no 
longer generic, because the matrix cracking that is causing the delamination 
resistance is governed by structural variables such as ply thickness and 
stacking sequence. 
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Delaminat ion a l s o  i n f l u e n c e s  t h e  fo rma t ion  and accumula t ion  of matrix 
I cracks.  Delamination r e l a x e s  t h e  c o n s t r a i n t  of ne ighbor ing  p l i e s ,  and hence 
I 
I changes t h e  s a t u r a t i o n  spdc ing  of ma t r ix  c r a c k s  i n  t h e  o f f - a x i s  p l i e s .  For 
cxnmple, when delaminations form a t  the edges of the ( + 3 0 / + 3 0 / 9 0 / 9 0 ) s  l a m i n a t e  
shown i n  f i g .  6 ,  the cons t ra in t  between the -30 deg and 90 deg p l i e s  is relaxed,  
and the 90 deg cracks form a t  lower s t r a i n  l e v e l s ,  w i t h  smaller crack s p a c i n g s ,  
than p o s s i b l e  i f  no d e l a m i n a t i o n  had e x i s t e d  C233. An R-curve descr ip t ion  of 
matrix cracking has been used t o  d e s c r i b e  t h e  accumula t ion  of m a t r i x  c r a c k s ,  
s i m i l a r  t o  t h e  approach tha t  has been attempted fo r  delamination C331. However, 
when these cracks in t e rac t  w i t h  d e l a m i n a t i o n s ,  t h i s  d e s c r i p t i o n  i s  no longe r  
generic:. 
Even i f  one  c o u l d  a c h i e v e  a t r u l y  g e n e r i c  d e s c r i p t i o n  o f  damage 
accumulation w i t h  cyc les ,  the r e su l t i ng  s t i f f n e s s  l o s s  pred ic t ion ,  and hence the  
p r e d i c t i o n  of i n c r e a s i n g  g l o b a l  s t r a i n  w i t h  c y c l e s ,  i s  n e c e s s a r y ,  b u t  no t  
s u f f i c i e n t ,  t o  p r e d i c t  f a t i g u e  l i f e .  The f i n a l  f a i l u r e  of t h e  l a m i n a t e  is 
governed not  only b y  l o s s  i n  s t i f f n e s s ,  b u t  a l s o  b y  t h e  t h e  l o c a l  s t r a i n  
c o n c e n t r a t i o n s  t h a t  deve lop  i n  t h e  primary load bearing p l i e s ,  which i n  most 
laminates a r e  zero degree p l i e s .  
I 
Influence of Local S t r a i n  Concentrations on Fa i lu re  
I F i g .  7a shows t h a t  f a t igue  f a i l u r e s  typ ica l ly  occur a f t e r  the global  s t r a i n  
h a s  i nc reased  because of t n e  f a t i g u e  damage growth ,  b u t  b e f o r e  t h i s  global 
s t r a i n  r eaches  t h e  g l o b a l  s t r a i n  a t  f a i l u r e ,  c F ,  measured d u r i n g  a s t a t i c  
s t r e n g t h  t e s t  [ 2 7 , 3 l ,  3 4 , 3 5 3 .  T h e r e f o r e ,  l o c a l  s t r a i n  concentrat ions mus t  be 
present i n  the  zero degree p l i e s  t h a t  control  t h e  l a m i n a t e  s t r e n g t h .  Although 
matrix cracks c r e a t e  small s t r a i n  concentrat ions i n  the  neighboring p l i e s ,  t h e i r  
I 
I 
magnitudes a r e  g e n e r a l l y  sma l l  because t h e  s t i f f n e s s  of t h e  c racked  p l y  i s  
u s u a l l y  much less than the s t i f f n e s s  of the zero degree p l y  [361. Furthermore, 
s t r a i n  concentrations due t o  matrix cracks ac t  over only a l o c a l  volume i n  t h e  
a d j a c e n t  p l y  near the crack t i p  C361. Hence, the f i n a l  f a i l u r e  i n  a zero degree 
p l y  of a laminate may fo l low a ne ighbor ing  p l y  c r ack  [37],  b u t  t h e  l a m i n a t e  
f a i l u r e  s t r a i n  w i l l  no t  be s t r o n g l y  inf luenced by the presence of the matrix 
c r a c k i n g  C361. However, once d e l a m i n a t i o n s  i n i t i a t e  a t  m a t r i x  p l y  c r a c k s  
anywhere  t h r o u g h  t h e  l a m i n a t e  t h i c k n e s s ,  t h e  l o c a l  s t r a i n  w i l l  i n c r e a s e  
s i g n i f i c a n t l y  i n  a l l  of the remaining uncracked p l i e s  [ 2 1  ,27,32,34-36] .  These 
l o c a l  s t r a i n  i n c r e a s e s  may not  be sensed  by  t h e  g l o b a l  s t r a i n  meaaurement, 
because delaminations s t a r t i n g  from m a t r i x  c r a c k s  grow very l i t t l e  once t h e y  
form. I f  s e v e r a l  d e l a m i n a t i o n s  form a t  matrix cracks throughout t h e  laminate 
thickness  a t  one loca t ion ,  then the l o c a l  s t r a i n  on t h e  z e r o  deg ree  p l i e s  a t  
t h a t  l o c a t i o n  may r each  t h e  s t a t i c  f a i l u r e  s t r a i n ,  r e s u l t i n g  i n  the  observed 
f a t igue  f a i l u r e  ( f i g . 7 b ) .  
T h i s  mechanism f o r  f a t i g u e  f a i l u r e  has  been observed  p r e v i o u s l y  f o r  
g r a p h i t e  epoxy l a m i n a t e s  [27 ,34 ,351 ,  and t h e  l o c a l  s t r a i n  c o n c e n t r a t i o n s  
r e s u l t i n g  f rorn cumula t ive  l o c a l  delaminations through the thickness  have been 
quant i f ied  [21,27,32,34,351. These loca l  s t r a i n  concentrat ions may be ca lcu la ted  
as 
E ~ ~ ~ t ~ ~ ~  K =  
E E ~ ~ t ~ ~  
( 7 )  
Typical ly ,  the loca l  s t r a i n  concentration w i l l  r e s u l t  i n  a t rade  off  between t h e  
because E is a more zero degree dominated layup increased modulus, E > E LD LD LAM’ 
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t h a n  t h e  o r i g i n a l  l a m i n a t e ,  and t h e  d e c r e a s e  i n  load  bearing c ross  s e c t i o n ,  
t ~ ~ <  t ~ ~ ~ *  
Each time a delamination i n i t i a t e s  from a matrix crack,  the loca l  s t r a i n  i n  
the  remaining uncracked p l i e s ,  and hence i n  the zero degree p l i e s ,  i n c r e a s e s  b y  
an amount equal t o  K times t h e  global cyc l i c  s t r a i n ,  E u n t i l  i t  reaches t h e  
E max ’ 
s t a t i c  f a i l u r e  s t r a i n ,  E ( f i g .  8a). A simpler way t o  v i s u a l i z e  t h i s  p r o c e s s ,  F ’  
however, is t o  reduce t h e  . s tdt ic  f a i l u r e  s t r a i n  t o  some e f f e c t i v e  global  f a i l u r e  
s t r a i n ,  ( E ~ ) ~ ,  each t i m e  a new loca l  delamination forms through t h e  t h i c k n e s s .  
Hence, ( E  1 .  would be equa l  t o  E ~ / ( K ~ ) ~ .  As l o c a l  de l amina t ions  accumulate F i  
t h r o u g h  t h e  t h i c k n e s s ,  t h e  e f f e c t i v e  f a i l u r e  s t r a i n  would  d e c r e a s e  
i n c r e m e n t a l l y .  Because (KE I i  r e f l e c t s  t h e  s t r a i n  concentration r e s u l t i n g  from 
accumulated loca l  delaminations through the laminate th ickness ,  f a t i g u e  f a i l u r e  
would cor respond t o  the number of cycles  where the  damage growth increased t h e  
t o  t h e  c u r r e n t  v a l u e  of ( c  ) ( f i g .  8 b ) .  global maximum cyc l i c  s t r a i n ,  E F i  max ’ 
T h i s  approach does not requi re  a predict ion of damage growth w i t h  f a t i g u e  cycles  
i f  the laminate s t i f f n e s s  l o s s ,  and hence the increase i n  global s t r a i n ,  can  b e  
monitored i n  re,ll time. When t h i s  is poss ib le ,  only t h e  incremental decrease i n  
t h e  e f f e c t i v e  f a i l u r e  s t r a i n  needs t o  be  predicted t o  pred ic t  f a t igue  l i f e .  T h i s  
may b e  accomplished by assuming tha t  matrix cracks e x i s t  i n  a l l  of t h e  of f -ax is  
p l i e s .  T h i s  assumption i s  analagous t o  assuming t h e  ex i s t ence  of t h e  s m a l l e s t  
f l aw  i n  a metal  t h a t  could  b e  d e t e c t e d  n o n - d e s t r u c t i v e l y  t o  a s s e s s  damage 
t o l e r a n c e .  T h e n ,  t h e  number of  f a t i g u e  c y c l e s  t o  o n s e t  o f  e a c h  l o c a l  
de l amina t ion  through t h e  t h i c k n e s s  may be predicted using delamination onset  
c r i t e r i a  ( f i g . 5 a )  a long  w i t h  s t r a i n  energy  r e l e a s e  r a t e  a n a l y s e s  f o r  l o c a l  
d e l a m i n a t i o n .  As each l o c a l  d e l a m i n a t i o n  fo rms ,  E may b e  reduced by  t h e  F ’  
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appropriate K and compared to the current value of E based on measured 
E max’ 
stiffness 1083, to determine if fatigue failure will occur. Hence, the ability 
to predict local delamination onset, and its effect on E facilitates using F ’  
measured stiffness loss to predict fatigue life. However, for many composite 
structures real-time stiffness measurement may not be practical. In these cases, 
the conservative approach for step 2 in the Damage-threshold/ Fail-safety 
approach outlined earlier could be applied. 
If the conservative approach was used to predict the tension fatigue life 
of ( 4 5 / - 4 5 / 0 / 9 0 ) s  laminates, for example, stiffness would decrease 
incrementally, i .e. , E would increase incrementally, with the onset of each max 
damage mechanism. Figure 9 shows a sketch for conservative fatigue life 
prediction in ( 4 5 / - 4 5 / 0 / 9 0 )  graphite-epoxy and glass-epoxy laminates. Because 
S 
matrix cracks are assumed t o  exist in the off-axis plies, E is increased in max 
the first l o a d  cycle, corresponding to the stiffness loss associated with 
saturation crack spacing in the off-axis plies. This stiffness loss would be 
greater for glass epoxy laminates than for graphite epoxy laminates C31-J. The 
influence of matrix cracks on local strains in the zero deg plies will be 
neglected for the reasons stated earlier. Hence, E will remain unchanged. When f 
edge delamination occurs in the 0190  interfaces, E max will increase again, 
corresponding to complete delamination throughout the laminate width. This 
stiffness loss would be greater for graphite epoxy laminates than for glass 
epoxy laminates [ 3 1 ] .  However, cF would not change because edge delaminations do 
not create local strain concentrations in the zero deg plies C321. As each local 
delamination forms, ( E ~ ) ~  will decrease, as determined by (K ) will and E 
E i s  rnax 
increase, corresponding to delamination growth throughout the particular 
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interface. When enough local delaminations form through the thickness such that 
L ( E  1 .  fatigue failure will occur. These predictions will be 
( E  max'i F 1' 
(:on:ii?rvdtivc bcc<iu.qe m:it,ri x (.racking typically does not reach saturation spacing 
i n  a l l  o f  t h e  off--axis plies in the first load c y c l e ,  and because 
delaminations grow rapidly at first, but then are retarded by interaction with 
matrix cracking, and hence, rarely grow catastrophically. 
Because stiffness l o s s  data were available for the glass epoxy laminates in 
this case study, measured stiffness l o s s  was used to determine the increase in 
E with fatigue cycles instead of using the conservative prediction max 
methodology. Furthermore, the G vs. log N delamination characterization was 
generated using edge delamination data from the (45/-45/0/90) laminates and was 
S 
then used to predict local delamination onset in these same laminates. Hence, 
the accuracy of this fatigue life prediction depends primarily on the validity 
of reducing the failure strain incrementally to account for the accumulation of 
local delaminations through the laminate thickness. The next section outlines 
how this fatigue life prediction was performed in the context of the Damage- 
threshold/ Fail-safety philosophy. 
Life prediction using - Damage-threshold/Fail-safety -- approach -
Step 1:  Delamination onset prediction - 
In order to predict the onset of local delaminations with fatigue cycles, 
the G versus log N characterization of the composite material must be generated. 
This characterization may be accomplished using a variety of interlaminar 
fracture test methods [22 ,26 ,28-301.  Data from several materials with brittle 
I 
0 6 and tough ma t r i ces  i n d i c a t e d  t h a t  between 10 5 N 5 10 c y c l e s ,  t h e  maximum 
c y c l i c  C may be represented  a s  a l i n e a r  funct ion of log N ( f ig .101 ,  where N is 
the number of cycles  t o  delamination onset a t  a prescribed C C281. Hence, max 
+ Gc C = m log N 
where C and m a r e  m a t e r i a l  p a r a m e t e r s  t h a t  c h a r a c t e r i z e  t h e  o n s e t  of 
C 
de l amina t ion  under s t a t i c  and cyc l i c  loading i n  the  mater ia l  ( f i g . 5 a ) .  A more 
recent  s t u d y  ind ica tes  t ha t  f o r  some tough thermoplastic matrix composi tes ,  t h e  
s t a t i c  toughness  i s  s o  g r e a t  compared t o  t h e  f a t i g u e  behavior t h a t  a l i n e a r  
representat ion may not be v a l i d  [ 2 2 ] .  Fur thermore ,  t h e  s t a t i c  toughness  may 
depend on t h e  Loading r a t e ,  which would i n f l u e n c e  the u l t imate  shape of the 
curve. For example, i f  slow monotonic l o a d i n g  i s  used t o  measure t h e  s t a t i c  
t oughness ,  bo th  G c  and the s lope ,  m ,  may be d i f f e r e n t  from the r e s u l t s  p lo t ted  
using Cc measured a t  a load r a t e  t h a t  co r re sponds  t o  t h e  f r equency  of c y c l i c  
l o a d i n g .  Because a low toughness, g l a s s  epoxy composite was t e s t ed  i n  re f .31 ,  a 
linear charac te r iza t ion  was used i n  t h i s  case s t u d y .  The s t a t i c  d a t a  i n  r e f . 3 1  
were measured a t  a r e l a t i v e l y  slow r a t e  of 0.5 m m / m i n .  
To predict  delamination onse t ,  G m u s t  be c a l c u l a t e d  f o r  t h e  f i r s t  l o c a l  
d e l a m i n a t i o n  t h a t  w i l l  form. T h i s  t y p i c a l l y  o c c u r s  a t  a matrix crack i n  the  
sur face  p l y ,  b u t  may be confirmed by ca lcu la t ing  C fo r  matrix cracking i n  a l l  of 
t h e  o f f - a x i s  p l i e s  i n  t h e  l a m i n a t e .  The one w i t h  t h e  highest  C f o r  the same 
applied load w i l l  b e  t h e  f i r s t  t o  form. T h i s  C may be c a l c u l a t e d  u s i n g  t h e  
e q u a t i o n  f o r  the s t r a i n  energy r e l ease  r a t e  associated w i t h  l oca l  delaminations 
i n i t i a t i n g  a t  matrix cracks C321 
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I To calcul.ate tht? number of cycles for the first local delamination to form, N 1 ,  
eq(9) for C is set equal to the delamination onset criterion of eq(8) and then 
solved for N,. Hence, 
Step 2: Assessment - of Damage Growth and Stiffness Loss 
Delamination growth information is needed to determine the amount of 
stiffness l o s s ,  and hence the increase in global strain, that has occurred by 
the time the first local delamination has formed at N cycles. In graphite epoxy 
1 
laminates, the majority of this stiffness loss is associated with delamination; 
however, in glass epoxy laminates matrix cracking may also contribute 
significantly to stiffness l o s s  C311.  In either material the interaction of 
matrix cracking and delamination complicates the prediction of damage growth, 
and hence the prediction of stiffness l o s s .  Therefore, instead of predicting 
.qt,iffnem l o s s  by predicting the rate of delamination growth and accumulation of 
matrix cracks with fatigue c y c l e s ,  stiffness l o s s  was monitored experimentally. 
Step 3: Assessment - of fail-safety 
22 
The strain concentration associated with the first local delamination, 
( K E ) l ,  may be calculated using eq.7. Fatigue failure will occur if the maximum 
g loba l  strain, resulting from the stiffness loss associated with damage growth 
at N 1  cycles, reaches the effective failure strain when the local delamination 
forms, which is calculated as (cFIl = E ~ / ( K ~ ) ~ .  Hence, failure will occur if 
E 2 ( ~ ~ 1 ~ .  If the first local delamination does not cause failure, then max 
further local delamination sites must be considered. 
Step 4: Analysis of multiple local delaminations through the thickness ---- 
As shown in fig.11, the thickness and modulus terms in eq(9) change for 
each succesive local delamination that forms through the thickness. For example, 
and E for a 451-45 local delamination in a (45/-45/01 laminate becomes 
and ELAM values used for the next local delamination that forms through 
t~~ LD S 
LAM the t 
the thickness. Therefore, as local delaminations accumulate through the 
thickness under a constant u the driving force (i.e. G )  for each new max ' 
delamination changes. Hence, fatigue life prediction for composite laminates 
requires a flcumulative damage" calculation, even for constant amplitude loading. 
To cillculate the number of cycles for each successive local delamination to 
form, Ni, the appropriate form of eq(9) for G is set equal to the delamination 
onnet criterion of eq(8) (fig.11) and then solved for N (fig.12). Hence, i 
1 0  2 2  
log Ni = - [ m -  max (t LAM 1. 1 (l/tLDELD- 1/tLAMELAMli - G ~ ]  
2 
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Fatigue failure will occur when E 2 ( E ~ ) ~ ,  with a resulting fatigue life, NF, ma x 
Of' 
P 
i=l 
NF = 1 N i  
where p is the number of local delaminations that form through the thickness of 
the laminate before failure. 
Because of the scatter in the experimental data, the constant load 
amplitude fatigue life prediction methodology outlined in fig. 1 2  more closely 
resembles fig.13. The variation in initial laminate modulus (i.e, the variation 
in t arid the variations in the static failure strains from specimen to 
specimen must be taken into account. Hence, a range of possible fatigue lives 
would be predicted, rather than a single value. The lowest life would occur when 
the minimum value of ( E ~ ) ~  in the value 
max 
distribution reaches the largest 
in t,he distribution resulting from variations in laminate moduli. 
Life Prediction for Glass-Epoxy Laminates I-- __--__- 
The Damage--threshold/Fai 1-safety approach outlined above was used to 
predict the fatigue life of (45/-45/0/90)s E-glass epoxy laminates [31]. First, 
the delamination onset behavior in fatigue was characterized in terms of strain 
energy release rates. The maximum cyclic strain versus cycles to edge 
delamination onset f o r  the laminate was used in eq(6) and the data were plotted 
C' versus log N (fig.14). There was significant scatter in the static data for C 
possibly due to the interaction that occurred between the edge delamination as 
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i t  formed and the 90 deg p l y  cracks tha t  were extensive before edge delamination 
onvet C331. Previous work has  demonstrated t h a t  G values from edge delamination 
d a t a  may be a r t i f i c i a l l y  e levated i f  extensive 90 degree cracking is present i n  
the laminate C263. Therefore,  the minimum values i n  f a t i g u e  were used i n  e q ( 8 )  
t o  charac te r ize  delamination onse t .  For the X751/50 E-glass epoxy, a Gc value of 
C 
2 0.56 i n - - l b s / i n  was obtained, and the s lope ,  m ,  was -0.06. 
F igu re  15 shows t h e  maximum cyc l i c  s t r a i n  a s  a funct ion of f a t igue  cycles  
for  the (45/ -45/0 /90)s  X751/50 E-g lass  epoxy l a m i n a t e s  cyc led  a t  a maximum 
cycl ic  s t r e s s  of 210 MPa and an R of 0 .1 .  Also shown i n  f i g .15  is t h e  reduction 
i n  e f f ec t ive  E for  loca l  delaminations accumulating through the  t h i c k n e s s .  The F 
r a n g e  of  e s t i m a t e d  and measured f a t i g u e  l i v e s  f o r  s e v e r a l  (J l e v e l s  i s  max 
sllmmarized i n  f i q . 1 6 .  The agreement between predicted and measured f a t i g u e  l i v e s  
is reasonably good. 
FACTOHS AFFECTING DELAMINATION ONSET A N D  GROWTH -------- -- 
T h e  agr'et?rn+?nt between measured and p r e d i c t e d  f a t i g u e  l i v e s  i n  f i g . 1 6  
ind ica tes  tha t  t h e  Damage--threshold/Fai 1 - s a f e t y  approach ,  i n  t h e  form of a 
through--thir:kri~!:;s  damage accumul2t ion model, can accurately descr ibe f a t i g u e  
f a i l u r e  f o r  a m a t e r i a l  whose d e l a m i n a t i o n  b e h a v i o r  i n  f a t i g u e  i s  w e l l  
c h a r a c t e r  zed .  I n  t h i s  c a s e ,  t h e  G v s .  l og  N c h a r a c t e r i z a t i o n  was generated 
u s i n g  data from Lhe same laminates whose f a t igue  l i v e s  were being p r e d i c t e d .  I n  
g e n e r a l ,  however, t h e  G v s .  l o g  N c h a r a c t e r i z a t i o n  would be performed on  
standardized laboratory t e s t s ,  and then used t o  predict  the f a t i g u e  behavior  of 
s t r u c t u r a l  componen t s  made of  t h e  same m a t e r i a l .  Hence, t h e  l a b o r a t o r y  
charac te r iza t ion  m u s t  be performed on iden t i ca l  m a t e r i a l s  (same c o n s t i t u e n t s ,  
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f i b e r  volume f r a c t i o n ,  c u r e  c o n d i t i o n s ,  e t c . )  under i d e n t i c a l  environments 
( t e m p e r a t u r e ,  m o i s t u r e ,  e t c . )  and l o a d i n g  c o n d i t i o n s  ( l o a d  r a t e ,  R - r a t i o ,  
f r e q u e n c y ,  e t c . )  a s  t h e  s t r u c t u r e  f o r  t h e  f a t i g u e  l i f e  p r e d i c t i o n  t o  be 
a c c u r a t e .  Fur thermore ,  a l though  d e l a m i n a t i o n  growth d a t a  a r e  d i f f i c u l t  t o  
u t i  1 i z e  because of s t eep  growth r a t e s  and damage mode in t e rac t ions ,  these  da ta  
a r e  usefu l ,  nevertheless ,  t o  i den t i fy  how the various mater ia l ,  environment, and 
l o a d i n g  v a r i a b l e s  t h a t  e f f e c t  de l amina t ion  onset w i l l  influence delamination 
growth. 
O f  t h e  many f a c t o r s  t h a t  may a f f e c t  delamination onset  and growth, a few 
have been s tudied i n  d e t a i l .  For example, the toughness of the matrix w i l l  have 
6 a very stong e f f e c t  on G b u t  very l i t t l e  inf luence on delamination onset  a t  10 
C 
cycles  ( f i g . 1 0 )  [26,28-303. Therefore,  the s lope ,  m, a s  measured by f i t t i n g  t h e  
d e l a m i n a t i o n  o n s e t  d a t a  t o  e q ( 8 )  w i l l  be lower f o r  a b r i t t l e  matrix composite 
than a tougher matrix composite ( f ig .17a) -  [28]. Assuming t h a t  t h e  b r i t t l e  and 
tough m a t r i x  composi tes  eventual ly  reach a common G threshold f o r  delamination 
onset a t  NZ106 cycles  [22,26,28,291, t hen  t h e  exponen t ,  n ,  i n  a d e l a m i n a t i o n  
growth law would be lower f o r  the tougher matrix composite ( f ig .17b)  C181. 
Delamination charac te r iza t ion  may a l s o  depend on the mixed-mode r a t i o  f o r  
t h e  p a r t i c u l a r  s o u r c e  of d e l a m i n a t i o n .  Previous  s t u d i e s  have shown t h a t  the  
t o t a l  G a t  delamination onset under a monotonic loading va r i e s  a s  a funct ion of 
C 
t h e  mixed-mode pe rcen tage  a t  t h e  de lamina t ion  f r o n t  C29,38,391. The t o t a l  G 
C 
w i l l  be highest  for  s i t u a t i o n s  where the mode I1 component i s  g r e a t e r  t h a n  t h e  
mode 1 component ( f i g . 1 8 a ) .  However, the C threshold f o r  delamination onset  a t  
6 N L l O  cycles  has been shown t o  be nearly i d e n t i c a l  f o r  a l l  mixed mode r a t i o s ,  
from pure mode I t o  pure mode I1 [22,26,28,29]. Therefore,  a s  shown i n  f i g . l 8 a ,  
m i n  eq(8)  w i l l  be g r e a t e r  f o r  d e l a m i n a t i o n s  t h a t  a r e  predominant ly  due t o  
. 
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inter laminar  shear (mode 11) than f o r  delaminations tha t  a r e  predominatly due t o  
inter laminar  tension (mode I ) .  Assuming a common G t h r e s h o l d  f o r  de l amina t ion  
o n s e t  a t  N Z l O  c y c l e s ,  the exponent i n  the  delamination growth power law would 
be lowes t  f o r  t h e  pure  mode I1 c a s e  and h i g h e s t  f o r  t h e  pure  mode I c a s e  
( f i g . 1 8 b ) .  Previous delamination growth s tud ie s  have ve r i f i ed  these  t r e n d s  C17- 
193. For the g l a s s  epoxy laminate f a t igue  l i f e  p r e d i c t i o n  summarized e a r l i e r ,  
conservative values of G and m were used i n  eq(8)  because of the s c a t t e r  i n  t he  
s t a t i c  t o t a l  G measured using edge de lamina t ion  d a t a .  Hence, t h e  mixed-mode 
6 
C 
C 
r a t i o  dependence was ignored. In general ,  however, the mixed mode dependence on 
C should be determined for  both the mater ia l  cha rac t e r i za t ion  t e s t ( s )  a s  we l l  
C 
a s  t h e  d e l a m i n a t i o n  source being modeled i n  the s t r u c t u r a l  component. However, 
i f  the long term delamination du rab i l i t y  is of primary concern, the C t h r e s h o l d  
a t  Nt106 c y c l e s  i s  a l l  t h a t  i s  needed. I n  t h i s  c a s e ,  on ly  a s i m p l e  t o t a l  C 
ana lys i s  is requi red ,  s i n c e  t h e  G t h r e s h o l d  does not  depend s t r o n g l y  on t h e  
mixed mode r a t i o .  T h i s  g r ea t ly  s impl i f i e s  the ana lys i s ,  because t o t a l  C may be 
calculated using r e l a t i v e l y  simple analyses l i k e  eqs (6 )  and ( 9 )  [23,321. 
Changing the  R-ratio of the cyc l i c  loading w i l l  not a f f e c t  Gc b u t  may have 
a s i g n i f i c a n t  influence a t  l o 6  cycles  ( f ig .19a)  [22,301. T h e r e f o r e ,  t h e  s l o p e ,  
m, w i l l  be g r e a t e r  f o r  lower R - r a t i o s  co r re spond ing  t o  g r e a t e r  a l t e r n a t i n g  
6 s t r e s s  l eve l s .  Hence, G threshold values a t  10 cycles  w i l l  be lower f o r  smaller  
R - - r a t i o s  [ 3 0 1 .  Consequently, the exponent of the delamination growth power law 
w i l l  be lower fo r  the  lower R-ratios ( f ig .19b) .  
The i n f l u e n c e  of other  ma te r i a l ,  environmental, and loading var iab les  have 
been examined [24,40,411. However, most of t h i s  work has  been performed f o r  
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s t a t i c  toughness and/or delamination growth. Much work s t i l l  needs t o  be done t o  
determine the influence of these var iab les  on delamination onset .  
D A MA CE -T H HE S H OL D /FA I L -S A F ET Y A P P R OA CH F 0 R COMPRESS I ON - -
In  t h e  p rev ious  c a s e  s t u d y ,  and i n  t h e  examples c i t e d  i n  r e f . 2 1 ,  t h e  
Damage-thresholdIFai1-safety approach was i l l u s t r a t e d  f o r  problems t h a t  involved 
only tension loading. However, t h i s  same approach may be a p p l i e d  t o  l a m i n a t e s  
s u b j e c t e d  t o  compression loading. Delamination onset  charac te r iza t ion  would be 
conducted i n  the  same way, w i t h  on ly  t h e  assessment  of f a i l  s a f e t y  ( s t e p  3) 
changing s i g n i f i c a n t l y .  
The s igni f icance  of accumulated delaminations on compression s t r e n g t h  has  
b e e n  documented  previously by comparing t h e  s t r e n g t h  of lamina tes  w i t h  one,  two, 
9r three  implanted delaminations through t h e  t h i c k n e s s  t o  i d e n t i c a l  l a m i n a t e s  
w i t h  e i t h e r  barely v i s i b l e  or v i s i b l e  impact damage ( f ig .20)  [42] .  These r e s u l t s  
show t h a t  t h e  compression s t r e n g t h  f o r  l a m i n a t e s  w i t h  2.0 i n c h  d i a m e t e r  
implanted d e l a m i n a t i o n s ,  normalized by  t h e  compression s t r eng th  f o r  t he  same 
laminates w i t h  a 1/11 inch open hole ,  decreases a s  t h e  n u m b e r  of d e l a m i n a t i o n s  
increases through the thickness .  S t i l l  lower compression s t r eng ths  were observed 
fo r  t h u  impacted lamina tes ,  which t y p i c a l l y  c o n t a i n  d e l a m i n a t i o n s  i n  n e a r l y  
every i n t e r f a c e  [ l  1 I. S i m i l a r  s t u d i e s  have compared the  res idua l  compression 
s t rength  of v i r g i n  laminates ,  or  laminates t h a t  had implanted delaminations i n  a 
s ing le  i n t e r f a c e ,  t o  i den t i ca l  laminates without implants t h a t  had undergone low 
veloci ty  impact w i t h  subsequent cycl ing [6,131. For example, f ig.21 shows a p lo t  
o f  c y c l e s  t o  f a i l u r e  a s  a f u n c t i o n  o f  s t r e s s  a m p l i t u d e  f o r  
(0 /90/0/45/ -45/0)s  graphi te  epoxy laminates subjected t o  f u l l y  r e v e r s e d  c y c l i c  
l o a d i n g ,  e i t h e r  i n  the  i n i t i a l l y  undamaged s t a t e ,  o r  following an impact w i t h  a 
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p o t e n t i a l  e n e r g y  p e r  u n i t  t h i c k n e s s  of 1790 J / m  C131.  T h e  d a t a  i n  f i g . 2 1  
i n d i c a t e  t h a t  t h e  c o m p r e s s i o n  s t r e n g t h  a f t e r  i m p a c t  is v e r y  low c o m p a r e d  t o  t h e  
f a t i g u e  b e h a v i o r  of t h e  v i r g i n  l a m i n a t e .  F u r t h e r m o r e ,  most of t h e  s t r e n g t h  
r e d u c t i o n  o c c u r s  a f t e r  t h e  i m p a c t ,  w i t h  v e r y  l i t t l e  d e g r a d a t i o n  d u e  t o  
s u b s e q u e n t  c y c l i c  l o a d i n g .  
For  c o m p o s i t e s  l o a d e d  i n  c o m p r e s s i o n ,  f i n a l  f a i l u r e  is  n o t  n e c e s s a r i l y  
d e t e r m i n e d  by t h e  local  s t r a i n  c o n c e n t r a t i o n  i n  t h e  zero degree p l i e s ,  b u t  o f t e n  
r e s u l t s  from a g l o b a l  i n s t a b i l i t y  t h a t  o c c u r s  a f t e r  d e l a m i n a t i o n s  a c c u m u l a t e  
t h r o u g h  t h e  t h i c k n e s s  a n d  become l o c a l l y  u n s t a b l e .  F o r  e x a m p l e ,  f i g .  22  shows 
d y e  p e n e t r a n t  e n h a n c e d  r a d i o g r a p h s  of  t h e  e d g e  o f  a 4 0 - p l y  t h i c k ,  
( 4 5 / 0 / - 4 5 / 9 0 ) 5 s  T300/3501-6 g r a p h i t e  e p o x y  l a m i n a t e ,  c o n t a i n i n g  K e v l a r  s t i t c h e s  
a c r o s s  t h e  s p e c i m e n  w i d t h ,  t h a t  was c y c l e d  i n  c o m p r e s s i o n  a t  a maximum c y c l i c  
c o m p r e s s i o n  s t r e v s  of 3 2 . 5  K s i  a n d  an R-ratio of 10 C431. After 320,000 c y c l e s ,  
d e l a m i n a t i o n s  had  formed a t  t h e  edge n e a r  t h e  t o p  s u r f a c e .  The  s u b l a m i n a t e  t h a t  
formed b u c k l e d  l o c a l l y ,  w h i c h  i n  t u r n  l e d  t o  more d e l a m i n a t i o n s  f o r m i n g  i n  
a d j a c e n t  i n t e r f a c e s  a n d  s u b s e q u e n t l y  b u c k l i n g .  T h e  a c c u m u l a t i o n  of t h e s e  
d e l a m i n a t i o n s  t h r o u g h  t h e  t h i c k n e s s  e v e n t u a l l y  r e d u c e d  t h e  c r o s s  s e c t i o n  
c a r r y i n g  t h e  c o m p r e s s i o n  load t o  t h e  p o i n t  a t  which g loba l  i n s t a b i l i t y  o c c u r r e d  
and the laminate fractured. T h i s  accumulation of d e l a m i n a t i o n s  t h r o u g h  t h e  
t h i c k n e s s  o c c u r r e d  over t h e  l a s t  1000 c y c l e s  of t h e  f a t i g u e  l i f e .  I n  l a m i n a t e s  
w i t h o u t  t h r o u g h - t h i c k n e s s  s t  t c h i n g ,  t h i s  f i n a l  phase of t h e  f a t i g u e  l i f e  may be 
e v e n  more r a p i d ,  a n d  v e r y  d f f i c u l t  t o  d o c u m e n t .  I n  these s i t u a t i o n s ,  w h e r e  t h e  
a c c u m u l a t i o n  of d e l a m i n a t i o n  t h r o u g h  t h e  t h i c k n e s s  o c c u r s  r a p i d l y ,  p r e d i c t i o n  of 
t h e  i n i t i a l  d e l a m i n a t i o n  o n s e t  may p r o v i d e  a r e a s o n a b l e  estimate of f a t i g u e  l i f e  
i n  a d d i t i o n  t o  e s t a b l i s h i n g  t h e  d e l a m i n a t i o n  d u r a b i l i t y  of t h e  c o m p o s i t e .  
B e c a u s e  of t h i s  p r o g r e s s i v e  b u c k l i n g  mode of f a i l u r e ,  c o m p r e s s i o n  f a t i g u e  
l i v e s  a r e  t y p i c a l l y  much lower t h a n  t e n s i o n  f a t i g u e  l i v e s  f o r  i d e n t i c a l  
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laminates subjected to identical load amplitudes [ 1 3 ] .  Combined 
tension/compression fatigue lives may be reduced even further as a result of 
delaminations forming from matrix cracks under tension loads and then growing as 
a result of local instabilities under the compression loads C441. In each case, 
however, the final failure results from an accumulation of delaminations through 
the thickness. The Damage-thresholdIFai1-safety approach could be used to 
estimate fatigue lives in each case. First, delamination onset would be 
predicted using the appropriate analysis for G in eq.(8) depending upon the 
source of the original delamination. Next, delaminations would be assumed to 
grow throughout the interface immediately, or solutions for instability driven 
delamination growth in compression would have to be incorporated i f  stiffness 
loss could not be monitored directly in real time. Several fracture mechanics 
models have been developed for the growth of through-width and elliptical patch 
delaminations i n  a single interface C45-491. These analyses would have to be 
extended to model laminates with multiple edge delaminations to simulate 
compression fatigue damage, and laminates with multiple delaminations that were 
formed by matrix cracks to simulate tension/compression fatigue damage. Finally, 
fail safety may be assessed i n  compression, as delaminations form near the 
surface and then accumulate through the thickness, using appropriate models for 
local and global buckling of the damaged laminate. 
l 
These same models could be used to evaluate the consequence of low velocity 
impact damage. Previous studies have shown that low velocity impact damage , 
I develops as extensive matrix cracking and associated delaminations through the 
thickness [ l o - 1 2 3 .  Delamination onset in these cases has been modeled a s  
delaminations initiating from matrix cracks under bending loads [50]. In brittle 
matrix composites, impacts that are barely visible on the impacted surface may 
be extensive not only on the back surface, but throughout the laminate 
thickness .  T h i s  extensive delamination r e s u l t s  i n  g r e a t l y  reduced compression 
s t r e n g t h .  Subsequent c y c l i c  l o a d i n g  may c r e a t e  on ly  s l i g h t l y  g r e a t e r  damage 
growth, which would explain the r e l a t i v e l y  f l a t  S-N curves observed f o r  impacted 
b r i t t l e  matr ix  Laminates ( f i g . 2 1 ) .  Tougher matrix composites, however, suppress 
some of the delaminations tha t  would otherwise form through the thickness  during 
the impact [ l o ] .  Therefore,  the compression s t rength  following impact i s  g rea t e r  
than the compression s t rength  f o r  s imi la r  laminates w i t h  b r i t t l e  m a t r i c e s ,  b u t  
subsequent  cyc l i c  loading may cause fu r the r  damage and corresponding reduct ions 
I n  res idua l  compr-ession s t r eng th .  I n  e i t h e r  c a s e ,  t h e  Damage-threshold/Fai 1- 
s a f e t y  approach may be used t o  charac te r ize  the delamination onset  and a s ses s  
the f a i l  s a fe ty  of the damaged laminate.  
SU MMA R Y 
o A Damage--threshold/Fai 1 - s a f e t y  approach was proposed t o  e n s u r e  t h a t  
c o m p o s i t e  s t r u c t u r e s  a r e  both  s u f f i c i e n t l y  d u r a b l e  f o r  economy of 
opera t ion ,  a s  well as adequately f a i l  s a f e  or  damage t o l e r a n t  f o r  f l i g h t  
s a f e t y .  T h i s  approach invloved the following s t eps :  
1 )  Matrix cracks a r e  assummed t o  e x i s t  throughout the of f -ax is  p l i e s  
2 )  Delamination onset is  predicted using a s t r a i n  energy r e l e a s e  r a t e  
charac te r iza t ion  
3 )  Delamination growth is  accounted f o r  i n  one of th ree  ways: 
8 A n a l y t i c a l l y ,  u s i n g  delamination growth laws i n  conjunction w i t h  
s t r a i n  energy r e l ease  r a t e  ana lyses  i n c o r p o r a t i n g  d e l a m i n a t i o n  
r e s i s t ance  curves 
o Experimentally, using measured s t i f f n e s s  l o s s  
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o Conservatively, assuming delamination onset corresponds to 
catastrophic delamination growth. 
4) Fail-safety is assessed by accounting for the accumulation of 
delaminations through the thickness. 
9 A tension fatigue life prediction for glass epoxy laminates was 
presented as a case study to illustrate how the Damage-threshold/Fail- 
safety approach may be implemented. A fracture mechanics analysis of 
edge delamination was used to generate a delamination onset criterion 
for the material. Then, strain energy release rates were calculated for 
local delaminations that formed at matrix ply cracks through the 
laminate thickness, and where compared to the criterion to predict local 
delamination onset. Delamination growth was accounted for experimentally 
using measured stiffness l o s s .  Finally, fail safety was determined by 
accounting for the local strain concentration on the zero degree plies 
resulting from delaminations forming at matrix cracks through the 
laminate thickness. 
0 Suggestions were made for applying the Damage-threshold/Fai l -safety 
approach to compression fatigue, tension/compression fatigue, and 
compression strength following low velocity impact. In all of these 
analyses, strain energy release rates may be used to predict 
delamination on,set, and fail safety may be assessed by accounting for 
the effect of delaminations that have accumulated through the thickness. 
32 
REFERENCES 
1 .  O'Brien, T . K . ,  l l Interlaminar Fracture of Composites,11 J .  of the Aeronautical 
Society of Ind ia ,  Vol. 37, No.1, Feb.  1985, pp .  61-70. 
2. Demuts, E. ,  Whitehead, R.S., and Deo, R . B . ,  "Assessment of Damage Tolerance 
i n  Composites," Composite S t ruc tu res ,  Vo1.4, 1985, pp .  45-58. 
3. Rogers ,  C . ,  Chan, W . ,  and Martin, J . ,  "Design C r i t e r i a  f o r  Damage-Tolerant 
Helicopter Primary S t ruc ture  of Composite Mater ia ls ,"  Vo1.1-3, USAAVSCOM TR- 
87-D-3B, June, 1987. 
4 .  Bostaph,  C . M . ,  and  E l b e r ,  W . ,  I r A  F r a c t u r e  Mechan ics  A n a l y s i s  f o r  
Delaminat ion Growth During Impact on Composite P l a t e s , 1 1  i n  - Advances i n  
Aerospace S t ruc tu res ,  Mater ia ls ,  and Dynamics: A Symposium on Composi tes ,  
ASME Winter Annual Meeting, N O ~ .  1983, pp .  133-138. 
-- ------I---------- 
5. Shivakumar, K . N . ,  E l b e r ,  W . ,  and I l l g ,  W . ,  I ' P red ic t ion  of Low V e l o c i t y  
Impact Damage i n  T h i n  Circular  Plates, ' I  A I A A  Journa l ,  Vol. 23, No.3, March, 
6. Byers, B.A., !'Behavior of Damaged Craphite/Epoxy Laminates u n d e r  Compression 
Loading," N A S A  CR 159293, Aug. 1980. 
7 .  S t a r n e s ,  J . H . ,  R h o d e s ,  M . D . ,  a n d  W i l l i a m s ,  J . C . ,  "E f fec t s  of I m p a c t  Damage 
and Holes on the Compression S t r e n g t h  of  a G r a p h i t e  Epoxy Laminate ,"  i n  
Nondestructive ~- Evaluation and Flaw C r i t i c a l i t y  f o r  Composite Mater ia l s ,  ASTM 
STP 696 ,  1979,  p p .  145-171. 
8. S t a r n e s ,  J . H . ,  and Wi l l i ams ,  J .C . ,  " F a i l u r e  Charac t e r i s t i c s  of Graphite- 
Epoxy S t r u c t u r a l  Components Loaded i n  C o m p r e s ~ i o n , ' ~  i n  ------------ Mechanics  of  
Composite M a t e r i a l s ,  Z .  Hashin and C.T. Herakovich, e d s . ,  Pergamon Press, 
1982, pp .  283-306. 
-_-_--_____-__-_- 
33 
9. Wi l l iams ,  , J . G . ,  O'Brien, T .K . ,  and Chapman, A . C . ,  I) Comparison of Toughened 
Composite Laminates u s i n g  NASA Standard Damage Tolerance Tests,I1 i n  Selected 
Research i n  Composite Materials - and S t ruc tu res ,  NASA C P  2321, Proceedings of 
the ACEE Composite S t ruc tures  Technology Conference ,  S e a t t l e ,  W A ,  August,  
1984. 
10. C a r l i l e ,  D . R . ,  and  L e a c h ,  D . C . ,  "Damage a n d  N o t c h  S e n s i t i v i t y  o f  
Craphi t e / P E E K  Composite,Il Proceedings of t h e  1 5 t h  National SAMPE Technical 
Conference, October, 1983, pp.82-93. 
1 1 .  C u y n n ,  E.C., and O 'Br i en ,  T . K . ,  "The Inf luence  of Lay-up and Th ickness  on 
Composite Impact Damage and Compression S t r e n g t h , "  AIAA-85-0646, in 
Proceedings  of the 2 6 t h  AIAA/ASME/ASCE/AHS S t ruc tu res ,  S t ruc tu ra l  Dynamics, 
a n d  Materials Conference, Orlando, FL . ,  A p r i l ,  1985, pp.187-196. 
12 .  M a s t e r s ,  J . E . ,  " C h a r a c t e r i z a t i o n  o f  I m p a c t  Damage Development  i n  
Craphite/Epoxy Laminates," i n  Fractography of Modern Engineering M a t e r i a l s ,  --- 
ASTM STP 948, 1987, p p .  238-258. 
13. Bishop,  S.M., and Dorey, C. ,  "The E f f e c t  of Damage on  t h e  Tens i l e  and  
Compressi ve Performance of Carbon F i b e r  Laminates ,It i n  Characterization, 
-- Analysis, and Signif icance of Defects i n  Composite Mater ia l s ,  A G A R D  C P - 3 5 5 ,  
A p r i l ,  1983. 
1 4 .  S i m o n d s ,  R . A . ,  Bak i s ,  C . E . ,  and St inchcomb,  W . W . ,  " E f f e c t s  o f  M a t r i x  
Toughness on F a t i g u e  Response of Craphi  t e  F i b e r  Composi te  Laminates ,I1 
Presented a t  the 2nd ASTM Symposium on Composite M a t e r i a l s :  F a t i g u e  and 
Frac ture ,  Cinc inna t i ,  O h i o ,  A p r i l ,  1987. 
15. O'Brien, T . K . ,  and Raju ,  I . S . ,  " S t r a i n  Energy Re lease  Rate  A n a l y s i s  of 
Delaminat ion Around an Open Hole i n  a Composite Laminate," AIAA-84-0961, 
Proceedings of the 2 5 t h  AIAA/ASME/ASCE/AHS S t ruc tu res ,  S t ruc tu ra l  Dynamics ,  
and Materials Conference, Palm Springs,  CA,  May 1984. 
34 
16. O'Brien, T.K., "Delamination Durability of Composite Materials for 
Rotorcraft , I 1  Presented at the 1 9 8 7  NASA/Army Rotorcraft Technology 
Conference, March 1987, Moffett Field, CA, (Proceedings, to be published as 
NASA CP, 1987).  
1'7. Wilkins, D.J., Eisenmann, J.R., Camin, R.A., Margolis, W.S., and Benson, 
R . A . ,  "Characterizing Delamination Growth in Graphite-Epoxy,ll in Damage in 
Composite Materials, ASTM STP '775, June, 1982, p. 168. 
18. Mall, S . ,  Yun, K.T., and Kochhar, N.K., flCharacterization of Matrix 
Toughness Effects on Cyclic Delamination Growth in Graphite F i b e r  
Composites , I '  Presented at the 2nd ASTM Symposium on Composite Materials: 
Fatigue and Fracture, Cincinnati, Ohio, April, 1987. 
19. Russell, A..J., and Street, K.N., "Predicting Interlaminar Fatigue Crack 
Growth Rates in Compressively Loaded Laminates , 1 1  Presented at the 2nd ASTM 
Symposium on Composite Materials: Fatigue and Fracture, Cincinnati, Ohio, 
April, 1987. 
20. Custafson, C . G . ,  and H o j o ,  M., "Delamination Fatigue Crack Growth in 
Unidirectional Graphite/Epoxy Laminates , I 1  J. Reinforced Plastics, Vol.6, 
No.1, January, 1987, pp. 36-52. 
21. O'Brien, T.K., "Generic Aspects of Delamination in Fatigue of Composite 
Materials," Journal of the American Helicopter Society, V o l .  32, No. 1 ,  
January, 1987, pp. 13-18. 
22. Martin, R.H., and Murri, G.B., "Characterization of Mode I and Mode I1 
Delamination Growth and Thresholds in Graphi te/PEEK Composites ,It to be 
presented at the 9th ASTM Symposium on Composite Materials: Testing and 
Design, Reno, Nevada, April, 1988. 
35 
I 23. O ' B r i e n ,  T . K . :  C h a r a c t e r i z a t i o n  of Delaminat ion Onset and Growth i n  a 
Composite Laminate. Damage i n  -- Composite Mater ia ls ,  ASTM STP 755, 1982. p p .  
140-167. 
24. Russell ,  A . J .  and S t r e e t ,  K . N . ,  "Mois ture  and Temperature E f f e c t s  on t h e  
Mixed-Mode Delaminat ion F r a c t u r e  of U n i d i r e c t i o n a l  Graphite/Epoxy,tl  i n  
Delamination and Debonding of mater ia l s ,  ASTM STP 876, O c t ,  1985, p p .  349- 
370. 
25. P o u r s a r t i p ,  A , ,  "The C h a r a c t e r i z a t i o n  of Edge De lamina t ion  G r o w t h  i n  
Composite Laminates Under Fa t igue  Loading," i n  Toughened Composites, ASTM 
STP 937, pp.222-241.  
26. O ' B r i e n ,  T . K . :  Mixed-Mode S t r a i n  Energy Release  Rate  E f f e c t s  on Edge 
Delamination of Composites. Effects  of Defects i n  Composite M a t e r i a l s ,  ASTM 
STP 836, 1984, pp .  125-142. 
27. O'Brien, T.K. ,"Tension Fatigue Behavior of Q u a s i - I s o t r o p i c  Craphi  te/Epoxy 
Laminates , "  i n  Fatigue and Creep of Composite Mater ia ls ,  Proceedings of t h e  
3 r d  Riso In te rna t iona l  Symposium on Metallurgy and M a t e r i a l s  S c i e n c e ,  Riso  
National Laboratory, Roskilde, Denmark, 1982, pp.  259-264. 
28. O 'Br i en ,  T . K .  ,If F a t i g u e  Delaminat ion Behavior  of  P E E K  T h e r m o p l a s t i c  
Composi t o  Laminates ,'I i n  Proceedings of the American Society f o r  Composites 
F i r s t  Technical Conference, Dayton, Ohio, Oct .  1986. Technomic P u b l i s h i n g  
Co., Lancastcr,  PA, Oct. 1986, pp.  404-420. 
I 29. O'Brien, T . K . ,  M u r r i ,  G . B . ,  and Salpekar,  S.A., "Interlaminar Shear Fracture  
Toughness and F a t  iguf? Thresholds  f o r  Composite Mater ia ls ,"  NASA TM 89157, 
August 1987, (Presented a t  the  2nd ASTM Symposium on Composite M a t e r i a l s :  
Fatigue and Fracture ,  Cincinnat i ,  Ohio, A p r i l ,  1987.) 
30. Adams, D . F . ,  Zimmerman, R.S., and Odern, E . M . ,  "Frequency and Load R a t i o  
E f f e c t s  on C r i t i c a l  S t r a i n  Energy Re lease  Rate G Thresholds of Graphite 
C 
E P O X Y  Composi t e s  , I 1  i n  Toughened Composi t e s ,  ASTM STP 937, 1987, P.242. 
. 
31. O'Brien, T.K., Zanotti, C., and Rigamonti, M., 'ITension Fatigue Life 
Analysis for Composite Laminates," NASA TM 100549, 1988. 
32. 0 '  Brien, T.K. ,"Analysis of Local Delaminations and Their Influence on 
Composite Laminate Behavior ,If in Delamination and Debonding of Materials, 
ASTM STP 876, 1985, pp. 282-297. 
___----__----I_------ 
33. Caslini, M., Zanotti, C., and O'Brien, T.K., "Fracture Mechanics of Matrix 
Cracking and Delamination in Glass Epoxy Laminates,Il NASA TM 89007, Sept. 
1986. 
34. O'Brien, T.K,; Crossman, F.W.: and Ryder, J.R.: Stiffness, Strength, and 
Fatigue Life Relationships for Composite Laminates, Dayton, Ohio, 1981, 
Proceedings of the Seventh Annual Mechanics of Composites Review, AFWAL-TR- 
82-4007, April 1982, pp. 79-90. 
__--_I_-- I__--- 
35. O'Brien, T.K., "The Effect of Delamination on the Tensile Strength of 
Unnotched, Quasi-Isotropic, Graphite Epoxy Laminates , I 1  Proceedings of the 
SESAIJSME Joint Conference on Experimental Mechanics, Honolulu, Hawaii, May, 
1982, Part I, SESA, Brookfield Center, CT, pp. 236-243. 
36. Ryder, J . T . ,  and Crossman, F.W., "A Study of Stiffness, Residual Strength, 
and Fatigue Life Relationships for Composite Laminates," NASA CR-172211, 
Oct. 1983. 
3 ' / .  .Jami3on, R . D . ,  S c h u l t e ,  K., R e i f s n i d e r, K.L., a n d  S t i n c h c o m b ,  W . W . ,  
"Charactnrization a n d  Analysis of Damage Mechanisms i n  Tension-Tension 
Fatigue of CraphiteIEpoxy Laminates ,If in Effects of Defects in Composite 
Materials, ASTM S T P  836, 1984, pp.21-55. 
I_--___--- ----- - - ---- 
---I- 
38. O'Brien, T.K. ,"Characterizing Delamination Resistance of Toughened Resin 
Composites," in Tough Composites, NASA CP 2334, 1984. 
-_I__-- 
39. O'Brien, T.K.; Johnston, N.J.; Morris, D.H., and Simonds, R . A . ,  
"Determination of Interlaminar Fracture Toughness and Fracture Mode 
37 
Dependence of Composites Using t h e  Edge Delaminat ion  Test  ,)I i n  T e s t i n g ,  
E v a l u a t i o n ,  a n d  Qua l i ty  Control of Composites, Butterworth S c i e n t i f i c  L t d . ,  
Kent, England, 1983. 
---- 
______ __ _-__--- ---- - 
40. Al iyu ,  A . A . ,  and Uanictt, I.M., t t I l f f e c t s  of S t r a i n  Rate  on Delamination 
Fracture  Toughness of Graphi te/Epoxy , If  i n  Delaminat ion  and Debonding of 
Mater ia ls ,  ASTM S T P  876, 1985, pp.336-348. 
------___ __- ----- 
~ - -  
4 1 .  Daniel, I.M., Shareef,  I . ,  a n d  A l i y u ,  A . A . ,  "Rate  E f f e c t s  on Delaminat ion  
F r a c t u r e  Toughness of a Toughened Graphite/Epoxy,I1 i n  Toughened Composites, 
ASTM STP 937, pp.260-274. 
- 
42. McCarty, J . E . ,  and Hatwani, M . M . ,  "Damage Tolerance of Composites," Interim 
Report No.3, AFWAL Contract F33615-82-C-3213, Boeing Mili tary Airp lane  Co. ,  
March, 1984. 
I 43. Lubowinski, S . J . ,  and Poe, C . C . ,  " F a t i g u e  C h a r a c t e r i z a t i o n  of  S t i t c h e d  
G r n p h i  t e  Epoxy Composites ," Proceedings  of t h e  FIBER-TEX 87 Conference, 
Creenvi l le ,  SC, Nov. 1987, t o  be P u b l i s h e d  a s  a N A S A  C P ,  1988. 
4 4 .  Bak i s ,  C . E . ,  and St inchcomb,  W . W . ,  "Response of Thick, Notched Laminates 
Subjected t o  Tension-Compression C y c l i c  Loads , I 1  i n  Composite Mater ia l s :  -- --- 
Fatigue and Fracture ,  ASTM S T P  907, J u n e ,  
- - - I~  ------ 1986, pp.314-334. 
45. Chai, H . ,  Babcock, C . D . ,  and Knauss,  W.G., ttOne-Dimensional Modeling of 
, 
I Fa i lu re  i n  Laminated P la tes  by Delamination Buckling,If I n t .  J .  of Sol ids  and 
S t ruc tu res ,  Vol .  1 7 ,  No.11, pp.1069--1083. 
46. Whi tcomb, J . D . ,  " F i n i  t e  Element Analysis of Ins tab i l i ty -Rela ted  Delamination 
Growth,t1 J .  of Composite Mater ia l s ,  Vo1.15, 1981, pp.403-426. 
47. C h n i ,  H . ,  a n d  Babcock, C . D . ,  "Two-Dimensional Modeling of  Compressive 
Fa i lure  i n  Delaminated Laminates ,It J .  of Composite Mater ia l s ,  Vol . 19 ,  J a n .  
1985, p p .  67-98. 
. 
48. F lanagan ,  G . ,  "2-D Delaminat ion Growth i n  C o m p o s i t e  L a m i n a t e s  u n d e r  
Compression Loading,"  P resen ted  a t  t h e  8 t h  ASTM Symposium on Composite 
Mater ia ls :  T e s t i n g  and Design, Charleston, SC, March, 1986. 
49. Wf l l i a m s ,  J . F . ,  S t o u f f e r ,  D.C., I l l c ,  S . ,  and Jones,  R . ,  "An Analysis of 
Delamination Behavior,11 Composite S t ruc tu res ,  Vo1.5, 1986, pp.203-216. 
50. M u r r i  , G.B., and Cuynn, E.G., llAnalysis of Delamination Growth from Matrix 
Cracks i n  Laminates Subjected t o  Bending Loads,I1 N A S A  TM 87754, J u l y ,  1986. 
( P r e s e n t e d  a t  t h e  8 t h  ASTM Symposium on Composite Materials:  Test ing and 
Design, Charleston, SC, March, 1986.) 
39 
ORIGiNAL PAGE IS 
OE POOR QUALITY 
PRKEXlING PAGE BLANK NOT FILMED 
+ 
0 
0 
Q) 
0 
Q, 
0 
I 
I 
+ 
\\J I 
c 
0 
I v v  
.C .- 
42 
2 
3 
a - .- 
Y- 
.' 
c. 
a, cn 
t 
0 
t 
0 
a 
.- e 
L. L .- L 
2 e 
0 
cd 
.- e 
Y 
, 
L I I I I I 
0 
0 
cv) 
0 
v) 
VI 
(ZI 
c 
CI, 
I 
w 
0 
0 7  
\ 
0 
\ 
In 
t 
i 
In 
d 
ce 
0 
L 
0 
> rn r 
a, 
*C 
n 
I 
m 
a, 
0 
43 
a, 
0 
U u 
\ 
cn 
t x  
cd 'EI 
acd 
- *  
I 
44 
a 
D 
OCJJ a 
a, 
€ 
i= 
c 
0 
a, 
€ 
i= 
b 
a, rn 
CCI E 
CCI 
0 
ce 
0 
a, u c 
a, 
1 
7 
cc c 
I 
d 
U 
. 
a, 
L 
3 
rn 
I 
(d 
4 
z 
o 
0 -
c 
0 x c. 
'C (d a c. a..C 0 
+ (3 a cn 
6 
e 
v) 
a, 
c, 
CCI 
t 
cc 
0 
c 
0 
.#-- 
45 
)r 
X 
0 0  a* 
Q, 
00 
0 cu rn 
0 
0 
\ 
cn 
0 m 0 cv 0 v 
U 
0 o s  
I I I I I 
0 00 a * cv 
cv 
0 
0 
0 
7 
- 
00 
0 
0 
a 
O W  
0 
* 
0 
0 
cv 
0 
0 
0 
e e o  
0 
c c o  
0 .I- 
. 
a, c 
1 
m 
46 
7 
L L  
7 
z 3  
0 ) -  
0 -
0 
L 
aJ 
N 
CCI 
0 
n 
47 
LL 
cd 
.- I 
w 
W 
cd 
4 Ow 
- -  
LL 
7 
0 
0 -
7 
0) 
0 -
LL 
7 
0 
0 -
Z 
0 
0 -
II 
.- 
n 
LL 
w 
W 
x 
2 
a 
w 
w 
4c 
I I  
w 
- a 
0 
0 
J 
n a 
W 
.- c 
w a  
I 
03 
48 
c 
a, 
a c 
a 
J 
CI 
.- 
E 
a 
0 
0)  
n 
a 
33 
.c;t 
+I  
LL 
w 
U 
3 
E 
w 
0 r 
v) 
aJ 
49 
x 
UJ w 
L * cn 
0 
\ 
a 
F 
c/) 
I 
a cn 
0 
\ 
a 
F 
* 
0 
v- 
cy) 
0 
F 
cv 
0 
v 
F 
0 
v 
OO 
F 
v) 
4 
c, 
Q, 
ul c 
0 
E 
0 
c, 
4 c 
4 
.r 
*r 
E 
c, 
4 
Q, 
c, 
4 c 
as, 
L 
Q , Q ,  c =  
50 
3 
F W  
+- 3 - I  4 
W 
9 
F W  - 9 9 9 y -  
W 
2 
c\rSCU 
Cu- 
b 
c, 
Q, 
ul c 
0 
c 
0 
t 
.- 
nn 
13 9 3 %  
a, 
0 9 W c. 
4- 3 c cer u 0 
F I 
I 
t L 0 cc 
9 
b 
W 
U W 
3 
L 
al c 
a, 3 
t 
Y 3 
w 
c. 3 
9 
W 
II 
(3 
3 
W 
Y 3 
8 
3 
r, .- 
a, 
L 
J 
m 
e 
0 
0 
51 
I .- 0- 
n n 
.I 
yw n I .  2- 3 l -w  U LL 
ll 
LL 
Z 
8 II ri- 
LL € 
w w 
c 
0 
.C 
C, m c 
E m 
*r 
I- 
I 
I \  n- 3 a 
c u i  \ cu c c  .C 0 .- c l ,  o m  
\ b - II .- 
LL w 
(3 52 
I 
I I 
I I  
‘ I  
53 
0 
In 
b 
X 
)r 
X 
0 a 
Q) 
cn cn a 
a 
!e 
Y- 
-
w 
cn . 
0 a a 
3i * 
+I . 
54 
*O 
n 
0 
T- 
7 
" u j .  
O Q )  Y - -  
G 
0 
cv 
0 
l-. 
-0 
T- 
O0 
Y- 
aJ 
v) 
t 
0 
c 
0 
.r 
c, la c 
I 
d 
r-4 
. 
L L  
CAJ 
I 
I 
I 
I 
I 
I 
I 
I 
I 
I 
I 
I 
I 
I 
I 
I 
I 
I 
m 
0 
Y 
0 
6 
55 
LD 
0 
0 
0 
% 
X 
0 
Q 
W 
0 
9 
l-- 
v) 
b 
X 
v) . 
0 e e 
v) * 
+I . 
U 
Q, 
0 
U 
a, 
CI .- 
\ 
g" L 
0 
H 0 
0 
1"- a a + n 
I I I I I I I 
0 
0 w 
0 
0 cv 
0 
l-- 
*O 
l-- 
I- 
7 
cv) 
0 
l-- 
b 
T- 
0 
T- 
OO 
l-- 
56 
(3 a 
II 
'0 
Z 
m 
0 -
X 
2 
(3 
a 
m 
0 -
. 
r: 
c, 
L 
cn 
U c 
Q 
c, aJ 
v) 
t 
0 
t 
0 
*r 
c, 
Q c 
E 
Q 
aJ 
U 
.r 
c 
c 
0 
v) 
v) 
aJ c 
.c cn 
1 
0 
c, 
X 
L 
*r 
(3 
57 
(3 a 
II 
--- 
--- 
.- 
c? x a 
0 
c 
c, 
c 
m 
Q c 
tu 
c, aJ 
v) c 
0 
c 
0 
.r 
c, a c 
*r 
E a 
c 
aJ 
U 
c 
0 
.r 
E 
cc 
0 
(3 
58 
. 
cu 
F 
a J 
b 
A 
W 
n 
I- 
J a 
b 
w 
V 
rF 
cu 
n c 
W 
V 
Y 
n c 
(d 
E 
b 
W 
8 
E 
b 
n c 
(d 
a, 
E 
b 
W 
n 
C .- 
E 
b 
W 
c 
cc 
0 
(3 
59 
t 
0 
I- + 
a m  
' =  .- a) 
E -5 a 
a) 
'13 
L 
0 cc 
0 
(u 
60 
. 
I 
I I  
U 
m 
n 
0 
Tt 
+I 
0 
0 
0 
3i 
1 
\ 
e . 
(D 
0 
v 
w 
L 
3 
0, 
.C c 
*r 
L 
61 
(D 
0 
LO m 
0 
I 
T- 
a 
P 
i 
* 
U 
0 cv m 
. 
62 
b 
1. Report N o . u b A m  TM 
NASA TM- 100548 88-B-009 
2. Gomnmrnt Ammion No. 3. Recipient's Catalog No. 
I 
15. Supplementary Notes 
c 
4. Title end Subtitle 
COMPOSITE MATERIALS AND STRUCTURES 
TOWARDS A DAMAGE TOLERANCE PHILOSOPHY FOR 
7. Author(s1 
T. Kevin 0 '  Brien, Aerostructures Directorate, USAARTA-AVSCOM, Langley Research 
Center, Hampton, Virginia. 
5. Rqmt.(kte 
6. Worming Orpnization bdr 
March 1988 
8. Performing Orpntutior, R.port No. 
~~ 
16. Abstract 
T. Kevin O'Brien 
NASA Langley Research Center, Hampton, VA 23665-5225 and, 
U.S. Army Aviation Research and Technology Activity (AVSCO4)'. 
Aerostructures Directorate, Langley Research Center, 
National Aeronautics and Space Administration 
U.S. Army Aviation Systems Command 
St. Louis, MO 63120-1798 
9. Performing Orgnniution Name wtd Address 
Hampton, VA 23665-5225 
12. Sponsoring Apncy Name n d  Address 
Washington, DC 20546-0001 and 
A damage-threshold/fail-safety approach is proposed for ensuring that composite struc 
tures are both sufficiently durable for economy of operation, as well as adequately 
fail-safe or damage tolerant for flight safety. Matrix cracks are assumed to exist 
throughout the off-axis plies. Delamination onset is predicted using a strain energy 
release rate characterization. Delamination growth is accounted for in one of three 
ways: either analytically, using delamination growth laws in conjunction with strain 
energy release rate analyses incorporating delamination resistance curves; experi- 
mentally, using measured stiffness loss; or conservatively, assuming delamination 
onset corresponds to catastrophic delamiantion growth. Fail-safety is assessed by 
accounting for the accumulation of delaminations through the thickness. A tension 
fatigue life prediction for composite laminates is presented as a case study to 
illustrate how this approach may be implemented. 
the damage-threshold/fai 1-safety approach to compression fatigue, tension/compression 
fatigue, and compression strength following low velocity impact. 
Suggestions are made for applying 
10. Work Unit No. 
505-63-0 1-05 
c w K t  Or Grant 
13. Type of Repaft n d  Period b w e d  
Technical Memorandum 
14. Army P r o m  No. 
lL161102AH45C 
17. Key Words (Suggested by Author(r1 I 
Damage tolerance 
Threshold 
Fai 1-safe I Composite materi a1 s 
18. Distribution Statement 
Unclassified - Unlimited I Subject Category - 24 
Del ami nat ion 
20. Security Classif. (of this pagel 22. Rice' 
Unclassified Unclassi f ied 63 A04 
I 
19. Security Classif. (of this report1 21. No. of P.gn 
* 
